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EXPERIMENTAL STUDY AND ANALYSIS OF LOADING AND PRESSURE 
DISTRIBUTIONS ON DELTA WINGS DUE TO THICKJifESS AND 
TO ANGLE OF ATTACK AT SUPERSONIC SPEEDS 
By William B. Boatr ight 
SUMMARY 
The aerodynamic loading on delta wings at supersonic speeds was 
studied principally to determine the coupling and nonlinear interference 
effects between the pressures due to angle of attack and due to thickness. 
Pressure distributions on four delta wings having leading-edge sweep angles 
of 53°, 60°, and 66 . 60 were measured at Mach numbers of 1 . 62, 1.93, and 
2 . 41 . Three wings had NACA 65A003 sections . The other wing had a flat 
upper surface and a leading- edge sweep angle of 53°. At Mach numbers of 
. 1.94 and 2.41, some of the results for this wing simulate a wing of zero 
thickness; the pressure distributions are compared with the pressure dis-
tributions of an NACA 65AOO3 section wing of the same plan form . For 
this comparison the pressure distributions of the NACA 65A003 section 
wing had the experimental pressure distributions at 00 angle of attack 
deducted . Appreciable nonlinear interference effects are shown to exist 
such that the pressure distributions caused by thickness and by angle of 
attack are not additive at test angles of attack greater than 50. These 
effects are shown to exist for all the NACA 65A003 section wings at all 
test Mach numbers, and in each case the experimental results are compared 
with theory . 
The pressure distributions due to wing thickness are shown for the 
NACA 65A003 section wings at all test Mach numbers and in some cases are 
compared with theory . Also, quantitative information on span loadings of 
delta wings is presented for a wider range of operating conditions than 
presently exist . 
The limited study of Reynolds number effects include variations in 
Reynolds number produced both by increased tunnel stagnation pressure and 
by the use of transition strips located near the wing leading edge. 
Some results are presented of tests which were made with the wing of 
zero thickness at angles of attack greater than that necessary to produce 
leading- edge shock detachment . These tests were conducted with and with-
out a thin leading- edge extension (maintained at 00 angle of attack) in 
an attempt to evaluate the upper and lover wing surface interactions in 
the presence of a detached shock . 
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INTRODUCTION 
Loading studies on delta wings a t supersonic speeds have been the 
sub ject of a number of experimenta l investiga t ions, for example, refer-
ences 1 to 7. The reason for the predominance of delta-wing da ta is the 
basic nature of the delta plan form. Not only is the theoretical trea t -
ment simple, but also t he pressure di stributions due to angle of a ttack 
of many other plan forms are readily determined, in whole or in part, 
from the pressure distribution due to angle of a ttack of a basic delta 
wing . Evaluation of the experimental pressure distribution due to angle 
of at t a ck is complicated by the coupling effects tha t exist between the 
pressure distribution due to thickness and tha t due to angle of a tta ck. 
Reference 7 shows tha t for a 5-percent- thick, sharp leading- edge delta 
wing a t Mach number 3. 33 appreci able effects exist such that, even for 
a s small an angle of a ttack a s 30 , t he pres s ure distributions due to 
t hickness and those due to angle of atta ck are not additive . 
In the investigation of this report t he coupling effect s between 
t hickness and angle - of- atta ck pressures are further explored for thinner 
wings a t severa l lower Mach numbers than the data of reference 7. Four 
wings were tested a t Mach numbers of 1 . 62, 1. 94, and 2.41 . Three of the 
wings had NACA 65A003 sections and leading-edge sweep angles of 530, 600 , 
and 66 . 60 . The other wing was a semifla t plate (designa ted herein as a 
zero- t hickness Wing) such that a t Mach numbers for which i t s leading edge 
was supersonic (attached shock) t he result s for the flat surfa ce corre-
sponded t o results for a wing of zero t hickness. Tests were also con-
duct ed for this zero- thickness wing wi t h and wi t hout a thin, sharp 
leading-edge extension (which was mainta ined at 00 angle of att ack) in 
an attempt to eva luate the upper - and lower-surfa ce interactions 
("bleed- around" effec t s) in the presence of a detached shock. 
The span l oadings and l atera l center of pressures are presented in 
order t o supplement t he ava ilable informati on of this type and to fur -
nish quanti tative da t a for a wider range of operating condi t ions than 
presently exist . The values of the r a tios of semiapex angles to Mach 
angles covered by t he tests of this report vary from about 0. 55 to 1.65. 
Pressure distributions due to thickness are shown and, in some cases, 
are compared wi t h the predictions of a recent t heoretical technique pre -
sented in reference 8. 
The Reynolds number effects were assessed both by some additional 
t ests a t an increased stagnation pressure and by some tests with rough-
ness strips near the leading edge of the wing . 
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SYMBOLS 
A aspect ratio 
b/2 semispan (measured from root chord to tip of delta wing as if 
tip and trailing edge were not cut off) 
b l / 2 local semispan 
c local chord 
root chord (with trailing edge not cut off) 
section normal- force coefficient, ~l p ~ poo ~ 
CN normal-force coefficient, N/qS 
pressure coefficient, 
M Mach number 
N normal force 
p local static pressure 
p - poo 
q 
Poo free - stream stati c pressure 
q free - stream dynamic pressure , 0 . 7p M2 
00 
3 
R Reynolds number (based on mean aerodynamiC chord of 5 . 00 inches) 
S wing area 
t wing thickness 
x longitudina l distance along wing chord (measured from apex) 
X l longitudina l distance along wing chord (measured from leading edge) 
y distance a long span normal to the root chord 
angle of attack 
-~ -------
4 NACA RM L56I14 
€ wing semiapex angle 
wing leading-edge sweep angle 
ill angle between wing root chord and a conical.ray from the apex 
APPARATUS 
Tunnel 
All tests were conducted in the Langley 9-inch supersonic tunnel 
which is a continuously operating cl osed-circuit type in which the stag-
nation pressure and temperature, and the humidity of the tunnel air may 
be controlled . The different t est Mach numbers are obtained by inter -
changeable nozzles which form a test section about 9 inches square . 
Models 
The s emispan models were mounted from a boundary-layer bypass plate 
as shown in the photograph of figure 1 . The bypass plate was rigidly 
attached to a plug which was mounted in a hole in the tunnel walls in 
which the schlieren windows are usually located. The window plug, by-
pass plate, and the various wings which were tested are shown in the 
photograph of figure 2 . The steel wings had grooves cut on their sur-
faces into which the tubing leading to the orifices was inlaid. After 
installation of the tubing, a clear plastic was used to fill the grooves 
and to make the wing surface flush. Cons quently , although the photo-
gr aphs show what appears to be a rough surface with many grooves, each 
wing surface wa s actually smooth . 
Figure 3 shows a dimensional sketch of the various wing models and 
the location of the transition strips which were used for some of the 
t ests. The orifice locations are given in table I . Because the wings 
were designed with constant t i c, they were very thin at the tips. In 
order to alleviate the loading on the thin portions of the wing, the 
t ips and the trailing edges were cut off as shown in figure 3 such that 
for inviscid flow the pressure readings of any of the orifices would 
not be affected . Figure 4 shows a sketch of the semiflat wing (wing 1) 
with the leading- edge extension attached . A different, prebent extension 
was attached to the wing for each test angle of attack. The juncture of 
the wing leading edge and the bend line was faired sur.h that a contin-
uous, distinct corner was present along this juncture on the flat side 
of the wing . Some schlieren photogr aphs made in the Langley 9- inch 
sllpersonic tunnel (not shown herein) at a Mach number 1. 94 of a similar 
wing plan form indicated that the leading-edge extension shown in 
• 
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figure 4 extended far enough forward of the leading edge to assure that 
the leading-edge extension was effective in preventing "bleed-around" 
effects at all test angles of attack. 
TESTS 
Most of the tests were conducted with smooth models at a Reynolds 
number of about 2.3 X 106. Simulation of a higher Reynolds number was 
a ttempted in additional tests by using transition strips near the leading 
edge in order to make the boundary layer turbulent rearward of the strip. 
The thickness of each strip was about 0.006 inch. The tests using tran-
sition strips were conducted for a limited number of angles of -attack 
(_20°, -10°, 0°, 10°, and 200) for all test Mach numbers. At a Mach num-
ber of 2.41, some tests were also conducted at a Reynolds number of about 
4 . 65 x 106 . This higher Reynolds number was produced by an increased 
stagnation pressure. 
For most of the tests, the angles of attack were nominally 00, 5°, 
10°, 15°, and 20°. However, with the larger wings at the lower Mach 
numbers the angle -of-attack range was limited because of the tunnel 
choking . 
The tests with the zero-thickness wing were supplemented at angles 
of attack beyond shock detachment by tests with and without a thin, sharp 
leading-edge extension (0 . 020 inch thick). The purpose of these tests 
was to evaluate interference effects between the upper and lower wing 
surfaces when the leading-edge shock was detached. 
PROCEDURES AND PRECISION 
All pressures were indicated on a multiple tube, mercury manometer . 
The manometer readings were photographed and the data were mechanically 
reduced to pressure-coefficient form. 
Since the wings were instrumented on only one surface, the data 
corresponding to the high-pressure side were obtained by testing the 
wing at negative angles of attack, and the data corresponding to the 
10\v-pressure side were obtained by testing at positive angles of 
attack. 
The angles of attack were measured using a clinometer on a reference, 
flattened surface of the wing mount, which extended outside the tunnel . 
The initial a linement of the wing, referenced to free-stream direction, 
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was measured with a cathetometer . The accuracy of this latter oper ation 
resulted in a probable error of ±O.lo in angle of attack . However, t he 
error.s in the angle - of- atta ck settings with respect to each other for 
any one t es t wer e probably to . 05° . For the t ests at different Reynolds 
numbers, it was not necessary to reference the model again with respect 
to the free - str eam direction ; however, for the tests wi th roughness 
strips near the wing leading edge, this operation wa s necessary. 
The maximum inaccuracy in the pressure-coefficient data, due to a 
constant error in reading the manometer, occurred f or the tests at the 
lowest Reynolds number (R = 2 . 3 X 106) and the accuracies to be quoted 
are based on these tests . These accuracies were essentially the same 
at all Mach numbers since the dynamic pressures were (for the purpose 
of accuracy estimates) essentially the s ame . This condition was a by-
product of controlling the stagnation pressure so that the tests were 
conducted at constant Reynolds number for all test Mach numbers. Because 
the manometer was photogr aphed and the data reduced mechanically, the 
accuracy was less than that obtained by direct manual recording which is 
estimated to be iO. 003 . A check of typical pressure-coefficient data 
obtained both directly and mechanically assessed the accuracy of the 
mechanically reduced pressure -coefficient data to be iO. 005 for approx-
imately 80 percent of the data and not ever exceeding ±G.Ol . 
No corrections were applied to the pressure -coefficient data for 
the local ±O. Ol Mach number variation that is known to occur throughout 
the regi on of the test section occupied by the wing . This variation 
in free - stream Mach numbers could produce an error in the pressure coef-
fi cient of ±0. 004 a t M = 2 . 41, and ±0. 008 at M = 1. 62 . 
RESULTS AND DISCUSSION 
Span Loadings and Lift Coefficients 
Figures 5, 6, 7, and 8 present the span load distributions for the 
four wings which were t ested in this investigation . All data points 
were obta ined by mechanica lly integrating the chordwise pressure distri-
butions . The experimenta l loading is compared with the loading pre -
dicted by l inear theory at s ome of the test angles of gttack. 
The well- known fact that the span loading on delta wings approaches 
a more triangular distribution as the angle of attack increases is appar -
ent for all the test configurati ons. The primary purpose of thi s pres -
entation of loading data is to supplement existing information so that 
accurate quantitative estimates of span load distributions will be pos-
sible for a wider range of values of ~ tan E and ~ than presently 
exist . 
I 
I '" 
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Figure 9 presents the lateral center-of-pressure data for the vari-
ous test configurations. The figures are arranged in order of increasing 
values of ~ tan E. Each vertical line at a value of y/~ of 0.33 repre-
sents the center-of-pressure location which would result if the loading 
were triangular. If the loading were elliptical, the center of pressure 
would be at a va lue of y/~ of 0.423. This location is denoted by 
another vertical line . 
It is interesting to note that at 200 angle of attack the lateral 
centers of pressure for all t est configurations are very close to the 
same value of y/~ = 0.35. At lower angles of attack, the variations in 
t he l ateral center-of-pressure locations are much greater. As would be 
expected, the subsonic leading-edge wings a t the lower angles of atta ck 
have a center of pressure approaching that for an elliptical loading and 
t he supersonic leading-edge wings have centers of pressure at lower angles 
of attack tha t correspond to loadings that are between elliptical and 
t riangular. 
Figure 10 shows the normal-force-coefficient curves for the various 
wings a t the various test Mach numbers . The results were obtained by 
mechanically integrating the span-load curves. The results are compared 
with the lift curves predicted by linear theory. In all cases the theory 
slightly overpredicts t he slope except f or the wing with the lowest 
aspect r atio (wing 4) at Mach number 1.62 . For this configuration the 
better agreement between theory and experiment is undoubtedly associa ted 
with the increase in lift produced by the leading-edge vortex which forms 
on the low-pressure side of a wing with a highly sweptback leading edge 
when flying a t low supersonic Mach numbers. (See refs. 9 and 10.) 
It is interesting to not e that the normal-force -coefficient curve 
for the zero-thickness wing (Wing 1) has a slightly greater slope than 
t he curve for the NACA 65A003 section wing of the same plan form (wing 2) 
and more closely approxi mates the prediction of linear theory. This is 
true except at Mach number 2 . 41 where there is essentially no difference 
between the normal-force curves for the two wings below an angle of attack 
of about 150 . 
Pressure Distributions Due to Thickness 
The pressure-distribution measurements with the various wings at 
00 angle of attack are presented in fi gures ll} 12, and 13 . Figure 11 
presents t he re sul t s for wings 1 and 2 . Both of t hese wings had the 
same pl an form (A = 530 ) but wing 1 had a semi f l at sect ion and wing ~ 
had an NACA 65AOO3 sect ion. Wing l} a t Mach numbers 1. 94 and 2.41, 
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should have i ndicated zero pressure coefficient over its entire surface 
sinee at these two Mach numbers the leading edge was supersonic, and in 
the absence of viscosity the data should correspond to a zero-thickness 
wing at 00 angle of attack . At a Mach number of 1 . 62, the leading edge 
of wing 1 was only slightly subsonic (~ tan E = 0 . 960) , and for the thin 
section that was used the leading-edge flow deflection angle was proba-
bly sufficiently small that the effects from the cambered surface of the 
wing did not apprec i ably affect the pressures on the flat surface which 
was instrumented. 
The data for the zero-thickness wing indicate essentially zero pres-
sure coefficient at all test Mach numbers except for two possibly erro-
neous test points which are shown in figure ll(a) for locations near the 
leading edge and near the tip . The generally small departures ' from zero-
pressure coefficient for wing 1 are probably due to the ±0.01 free-stream 
Mach number variation and to the fact that the wing surface was not abso-
lutely flat. Because of the difficulty of machining this flat wing with 
such a thin section, the surface, instead of being absolutely flat, had 
about O. OlO-inch concavity between the leading and trailing edge near 
the root chord. 
The data in fi gure 11 pertaining to the NACA 65A003 section wing is 
denoted by the square symbols. A consistent and expected thickness 
effect is shown wit!l positive pressures near the leading edge and nega-
tive pressures nea r the trailing edge. This similar trend in the data 
for all the wings at all test Mach numbers is evident in figures 11, 12, 
and 13 . Also, there appears to be a general increase in the pressure 
level for the pressures due to thickness with increasing Mach number. 
Figure 12 presents the thickness pressure distribution for 
wing 3 (A = 600 ) and figure 13 presents the thickness pressure distri -
bution for wing 4 (A = 66 . 60 ). The pressure distributions are compared 
with linear theory in figure s 13(a) and 13(b). The theoretical tech-
nique presented in reference 8 was used to compute the theoretical curves 
for the subsonic leading- edge configurations. This technique permits 
the ca lculation of the pressure at a given point for any arbitrary dis -
tribution of slopes of the wing surface in the Mach forecone ahead of 
t he pOint . The method is semigraphical, but the formulas involved are 
simple . A more detailed description of the method can be found in ref-
erence 8, but the method will be summarized here to give the reader, who 
is unfamiliar with the method, an understanding of the approximations 
involved in the theoretical calcula tions . 
Figure 14 shows a typical gr aphical layout that is necessary for 
the computa tion of the pressure at point P . Since the wings of the tests 
of this report had a constant tic r atio at all spanwise stations, the 
surface slope s were conical with respect to the tip and lines of constant 
slope emanating from the tip were drawn . The Mach forecone from P was 
B 
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divided into an arbitrary number of equal parallelograms (depending on 
the degree of accuracy needed in the calculations). The wing surface 
slope was assumed constant in each parallelogram and with a value which 
was equal to the surface slope at the center of each parallelogram. This 
slope was readily determined from the graphical layout such as figure 14. 
A simple formula determined the effect of each parallelogram on the pres-
sure at point p) and the resulting pressure at P consisted of the sum 
of the effects of each parallelogram. It was only necessary to consider 
the summation of the parallelograms in region ABCP since the effects 
of triangles ABD and CEE were cancelled by the effects of the flow 
distortion between the leading edge and the Mach cone emanating from the 
wing apex . (See ref. 11.) The effects of the region DBEF on point P 
were computed in some cases but were found to be negligible for those 
cases. 
For the configurations with subsonic leading edges for which the 
theory was computed) figures l3(a) and 13(b)) the agreement between 
theory and experiment is good except for the fact that theory predicts 
a higher positive pressure near the leading edge for the outboard wing 
sections than actually exist. Since the publication of reference 8) a 
similar method has been presented in reference 12 for calculating the 
thickness pressure distributions for delta wings with supersonic leading 
edges. However) theoretical calculations of the th~ckness pressure dis -
tributions were not undertaken except for the two configurations with 
subsonic leading edges which are shown for wing 4 in figures 13(a) and 
13(b). Calcul ations for the other configurations were not expected to 
be particularly informative because of the smallness of the pressure 
gradients involved for the thin wings of this investigation and because 
the experimental pressure distributions due to thickness were similar 
for all the wings) whether the leading edge was subsonic or supersonic 
It should be mentioned that reference 13 presents a method based 
on shock- expansion theory for computing pressures in the region ahead of 
the Mach cone from the apex of a delta wing with a sharp supersonic 
leading edge. This method is applicable to any wing of this type with 
single-curved surfaces) but because of the round leading edges and the 
low Mach number range of the configurations tested in this report theo-
retical calculations of thickness pressure distributions using this 
method were not attempted . 
Pressure Distributions Due to Angle of Attack and 
Interference Pressures Produced by Thickness 
The study of pressure distributions on wings of generally used 
sections is complicated by distinguishing the contributions to the pres-
sures that are due to thickness from the contributions that are due to 
--~-- -
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angle of attack . Linear theory assumes tha t the two types of pressures 
may be superposed; however ) in reference 7 it is shown tha t even for 30 
angle of attack a t a Mach number of 3. 3) there are important effects due 
t o nonlinearities and the interference of the thickness pressures on the 
angle - of - a ttack pressures . In order to better describe the mechanism 
for the coupling of these two types of pressure distributions) consider 
t he ana logy of a tWO -dimensional) double-wedge section wing a t angle of 
a t tack . The surface slope is the a l gebraic sum of the angle of attack 
and the local surface slope due to thickness 5. Busemann ' s second-
order theory gives the following expression for the pressure coefficient : 
or 
where Cl and C2 are constants which are functions only of the Mach 
number. The well- known f act that nonlinearities of the type calculable 
by second- order theory cannot be superposed is obvious) since the cross-
product term prohibits the addition of thickness and angle-of-atta ck 
effects . Inspection of this equation shows that it is possible for the 
thickness contribution to be smal l such that the term 52 is negligible) 
but t ha t a t sufficiently l arge angles of attack a small t hickness might 
affect the nonlineari t y of the pressure if the term 2a5 is significant . 
Furthermore ) from this two- dimensional ana logy it can be reasoned that 
the nonlinearities will be greater with increasing Mach number since C2 
increases with Mach number . 
The test program used in this investigation for the study of the 
coupling effects between thickness and angle of atta ck consisted of tests 
with a wing which in inviscid flow simulates a zero- thickness wing at 
angles of atta ck below shock deta chment and tests with NACA 65A003 section 
wings . One of the l atter wings was of the same plan form as the zero-
thickness wing and permitted direct comparison to determine second-order 
t hickness effects on t he angle -of - attack pressure distributions. The 
semifla t wing (wing 1) simulates a zero- thickne'ss wing a t Mach numbers 
for which its leading edge is supersonic (1.94 and 2.41) and a t angles 
of a t tack below shock deta chment) and t he da t a for these conditions 
correspond to the assumptions of usual theoretical calculations. At 
angles of attack above shock detachment) an a ttempt was made to evaluate 
t he upper - and lower - surface intera ctions i n the presence of a l eading-
edge detached shock by testing with and without a thin leading-edge 
extension which was maintained at 00 angle of attack independent of th~ 
wing angle of att ack . 
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Zero- thickness wing and comparison with theory. - Figures 15, 16, 
and 17 present the pressure measurements as a function of conical ray 
from the wing apex for the zero- thickness wing (wing 1) at three Mach 
numbers . The pressure-coefficient parameter is the value of the pressure 
coefficient at 00 angle of attack subtracted from the value at each par-
ticular test angle of attack and multiplied by 8. · The pressure-
coefficient parameter is plotted against tan m/tan E. Plotted in this 
manner the data should define a single curve if the pressures are con-
stant along conical rays from the wing apex. Although the data define 
a single curve reasonably well for angles of attack of 100 or less, 
generally, there is poor agreement between experiment and linear theory. 
(There is better agreement between theory and experiment at low angles 
of attack and lower Mach numbers, as might be expected.) This lack of 
ability of linear theory to predict actual pressures is well known but 
possibly underemphasized since attention is usually directed to how well 
it predicts lifting pressures. 
Reference 14 presents an exact theory for computation of pressures 
on delta wings and points out large differences between the pressures 
computed by exact and linear theories. Reference 14 was not used to 
ca lculate some exact pressure distributions for the zero-thickness wing 
of this investigation because the calculations are laborious and because 
it was evident that, although the a greement between theory and experiment 
would be improved, the exact theory would still not predict the pressures 
very well. This latter reason was apparent because the exact theory of 
reference 14 uses shock-expansion theory for predicting the pressures in 
t he region of the wing ahead of the Mach lines from the apex and predicts 
a constant pressure in this region for a zero- thickness wing. The exper-
imenta l pressures were not constant in this region even for the zero-
thickness wing of this investigation. Figure 17 (b) shows the experimen-
t a l pressures compared both with linear theory and shock-expansion theory 
for the outboard part of the wing and illustrates the poor agreement 
between theory and experiment for this Mach number a t 100 angle of attack. 
Shock-expansion theory is sometimes used at higher Mach numbers to 
approximate the pressure over the entire wing surface by treating the 
wing sect ion as if it were two dimensional. When used in this manner 
shock-expansion theory would predict a constant pressure over the entire 
surface for the zero- thickness wing (wing 1) . It can be seen in fi g-
ure 17(b), where the prediction of shock- expansion theory is shown for 
just the region of the wing ahead of the Mach lines from the apex, that 
for the Mach number r ange of this investigation the experimental pressures 
are not even constant in this region and that the assumption of constant 
pressure over the entire surface would be even more erroneous. If the 
a ssumption is made that the reason the pressures on the outboard part of 
t his wing are not constant is due to viscous effects, it is interesting 
t o note that these effects do not seriously disrupt t he conica l nature 
of the flow f or t his zero-thickness wing a t angles of a t tack of 100 or 
less. 
12 NACA RM L56I14 
The dat a shown in fi gures 15, 16 , and 17 for the zero- thickness 
wing a t higher angles of a ttack than 100 show some departure from con-
ica l flow. Since it will be shown subsequently that the interference 
pressures produced by thickness cause similar departures from conica l 
f low and to a greater extent than is shown in fi gures 15, 16, and 17 at 
higher angles of a ttack than 100, it appears possible that the boundary 
l ayer on the wing might be causing the zero-thickness wing to have some 
effective thickness . This thi ckness effect for the resulting wing might 
t hen be the cause for the departures from conica l flow which occur for 
high angles of atta ck. 
Some of the data for the zero- thickness wing with and without the 
leading- edge extension is shown in figures 18 to 21. These data are 
plotted in the same manner a s the preceding fi gures in order to illus -
t r ate the conica l nature of the flow. The da t a for about 110 angle of 
att a ck or less define a single curve reasonably well, both with and 
wi t h out the leading- edge extension. This i ndica tes that the flow is 
reasonably conical. If the corresponding angles of atta ck in fi gures 18 
and 19 and in fi gures 20 and 21 are compared , it can be seen that there 
i s very little difference in t he data with or without the leading- edge 
extension, although to a slight ext ent the flow for the wing with the 
ext e nsion is less conica l t han the flow f or the wing without the exten-
s ion . Thi s f act might be due to mechanical i mperfections in the 
extension. 
Some of the angles of atta ck for which data are presented are not 
neces sarily high enough to produce a deta ched shock . Because one sur-
face of t he wing was fla t and the other surfa ce wa s a thin wedge (3 per-
cent thick), t he angle of a t tack at which the sh ock deta ched wa s differ-
ent at positive angles of atta ck from t hat at negative angles of atta ck. 
At Mach number 1 . 94 , t he shock from t he wedge side of the wi ng would be 
detached even wi th the wing a t 00 angle of attack. When obtaining da t a 
f or the high - pre ssure side (tha t is, with the wing a t a negat ive angle 
of a t tack), t heoretica lly the shock would deta ch at an angle of a ttack 
of - 5 . 30 . At a Mach number of 2. 41, t he shock detaches a t -17.70 and 
+B . Oo angle of a tta ck. 
Figures 22 and 23 , where pressure coeff icient is plotted aga inst 
chord loca tion, a lso show some typica l results with and without the 
leading- edge extension . In both fi gures t here is a tendency for the 
pressures on the high-pressure side of the wing to be more positive with 
t he extension than without . This effect wa s usua lly more predominant 
nea r the leading edge and wa s in the expected direction since it can be 
rea soned tha t the extension would suppress t he pressure-relieving effect 
of the leading edge with a detached shock. However, this effect was 
not prono~~ced a t all angles of attack and spanwise stations, and in 
many of these cases the effect of the extension wa s negl igible for that 
portion of the wing surfa ce which wa s instrumented. 
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For the low-pressure side of the wing, the effect of the extension 
was, in general, opposite to what might have been expected if the same 
rea soning had been used as for the high-pressure side. Instead of the 
pressures being more negative with the extension, they were less nega-
tive near the leading edge in almost every case. Us~ally, this effect 
was sufficiently small that it might be considered negligible within 
the a ccuracy of the data; however, the data for a = 9.30 and a = 11.30 
a t y/~ = 0.55 inch (fig . 22) show an effect that is definitely greater 
than the accura cy of the data . A similar effect was noticed for other 
outboard sta tions at this Mach number. A possible explanation for this 
type of effect is that the boundary layer on the upper surface prevented 
the full theoretical expansion of the flow. It would be expected that 
this effect mi ght become important on the low-pressure side of the wing 
where the boundary layer is relatively thick and not be important on the 
high-pressure side wi t h its thin boundary layer. The possibility also 
exists that, a lthough the leading-edge extension wa s carefully set a t 
00 angle of atta ck, possibly the deflection of the wing under load caused 
a warping of the thin leading-edge extension at these higher angles of 
a tta ck. In any case, compared with the discrepancy between experiment 
and linear t heory, which is shown f or higher angles of attack in fi gures 
22 and 23 , the effects of the leading-edge extension were small. For 
predicting the pressure distribution, the theory does not agree with the 
experimenta l results either wi th or without the leading-edge extension. 
NACA 65A003 section wings.- Figures 24 to 32 present the pressure 
data in the same manner a s figures 15, 16 , and 17 except that figures 24 
to 32 apply to the NACA 65A003 section wings instead of the zero-
thickness wing. This presenta tion is similar to that of reference 7 and 
extends the studies of reference 7 to thinrer wings a t lower Mach numbers. 
Since the values of t he pressure coefficien~s at 00 angle of at tack are 
subtracted from the values at ea ch particular test angle of atta ck, the 
thickness pressure distribution for these figures is supposedly not pres-
ent and the pressure distribut ions are due solely t o angle of atta ck, if 
t hickness and angle of a tta ck effects are purely additive. However, 
fi gure s 24 to 32 show that the thickness and angle-of-atta ck effects are 
not purely additive even for the t h in, 3-percent-thick wings of this 
investigation, since the da t a indicate t hat t he flow on the wing i s not 
conica l for test angles of a ttack greater than 50. Instead of a single 
curve, the da t a indicate a regul a r and consis t ent departure from coni-
ca l flow for these configurations. Since the da t a do define a single 
curve reasonably well a t 50 angle of a ttack, t he effects of thickness 
are not so strong a s t hose presented in reference 7. Reference 7 showed 
appreciable departures from conical flow at 30 angle of atta ck for a 
sharp leading-edge, 5-percent-t hick , delta wing a t a Mach number of 3.33 . 
If the dat a of fi gures 24 , 25 , and 26 are compared with the dat a of 
figures 15 , 16 , and 17 , it is appa rent tha t the departures f rom coni ca l 
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flow at t est angles of attack greater than 50 are more pronounced for 
wing 2 (the NACA 65A003 section wing) than for wing l (the zero-thickness 
wing) at corresponding angles of attack. This comparison is a direct 
indication of the second-order effects of even the small amount of thick-
ness of a 3- percent- thick wing on t he pressure dis t~ibutions. 
The departure from conical flow in figures 27 to 32 are similar to 
the departures shown in figures 24, 25, and 26 and indicate that the 
effects of Mach number and aspect ratio on these nonlinear, second-order 
thickness effects are secondary . In this connection, it will be remem-
bered that the thickness pressure distributions were similar for wings 2, 
3 , and 4 . (See figs. 11, 12, and 13 .) It is also apparent in fig-
ures 24 to 32 that t he departures from conical flow due to the second-
order thickness effects are greater than the direct effects of ·thickness 
on the pressure distributions . 
Since it was shown that linear theory did not predict the pressure 
distributions adequately even for a zero-thickness wing at angles of 
attack of 100 and above , the fact that there is poor agreement between 
t heory and experiment for these wings with thickness is as expected. 
Pressure contours. - Since figures 24 to 32 show consistent departures 
from conical flow due to second- order thickness effects, some typical 
pressure contours are presented in figures 33 to 43 to permit better 
visualization of these effects. The contours were constructed by 
linearly interpolating between the pressure readings of each longitudinal 
row of orifices to determine the location of each contour at each span-
wise station . These locations were then joined by straight lines. 
Figures 33, 34 , and 35 show pressure contours for wing l with and without 
the leading- edge extension . The remaining figures are for the wings with 
NACA 65A003 sections . In each case, the pressures at 00 angle of attack 
were subtracted from the pressures at each particular test angle of 
attack . The contours with and without the leading-edge extension were, 
in general, very similar (figs . 33 , 34, and 35) at corresponding angles 
of attack . It should be pointed out that, for wings on which a shallow 
pressure gradient exists over a large region, variations in the patterns 
of the individual contours in this region can be greatly changed by small 
inaccuracies or insignificant loca l - pressure fluctuations. For this 
reason, too much significance should not be attached to the locations of 
individual contours in regions where the contour spacing is large, but 
attention should be confined to the overall general effects shown by the 
contours . 
Figures 36 to 43 show that the general effect of the thickness cou-
pling on the angle - of - attack pressure contours is to cause deviations 
from straight conical contours to curved contours which are convex with 
respect to the wing leading edge. Viscous effects such a s separation 
near the wing trailing edge could also cause this same type of curvature 
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and is believe~ to account for part of the deviations from conical flow 
which were experienced for wing 1 at high angles of attack. 
The pressure contours of figures 33 to 43 illustrate graphically the 
steeper pressure gradients that occur on wings of lower aspect ratios at 
lower Mach numbers than occur on wings of higher aspect ratios at higher 
Mach numbers. 
Reynolds Number Effects 
Although the study of Reynolds number effects was not one of the 
primary objectives of this investigation, some data to help evaluate 
Reynolds number effects were obtained. Typical data showing Reynolds 
number effects are shown in fi gure 44 and 45. Figure 44(a) shows a 
chordwise pressure distribution for the wing of lowest aspect ratio at 
the lowest Mach number. Figure 44(b) shows a spanwise pressure dis tri -
bution for the same configuration. Figure 45 represents corresponding 
data for the wing of highest aspect ratio at the highest Mach number. 
No pronounced Reynolds number effects are apparent in the data. For 
many of the pressure distributions of other configurations which are 
not shown, there were small Reynolds number effects on the low-pressure 
side of the wing of the same order of magnitude as s~own in figure 45(a). 
This low-pressure side of the wing conSistently showed the greatest 
scatter in the curves; however, the effect is so small that it is ques-
tionable whether it is real or due to the inaccuracy of the data . 
Since references 2 and 3 showed more pronounced effects of Reynolds 
number on the pressure distributions of a 68 . 40 sweptback delta wing, it 
is not correct to gener a lize that Reynolds number effects are a lways 
negligible for delta wings. The wing used in the investigation of r.efer-
ences 2 and 3 had a different section (NACA OO-series ) and had a thick-
ness ratio varying from 4 percent at the root to 6 percent at the tip . 
Also, the investigation of Reynolds number effects was the primary objec-
tive i n references 2 and 3 and smaller angle -of-attack increments were 
chosen in order to obta in a better history of separation phenomena 
throughout the angle-of-attack range. Reference 1 a lso presents some 
t es t results for delta wings with higher aspect ratios than the wing 
which was t ested in references 2 and 3 and shows no pronounced Reynolds 
number effects. There is, therefore, some indication that Reynolds num-
ber effects are associated with wings of low aspect r atio if they are 
sufficiently thick. 
-~ --- --- ._---
- - ~---
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CONCLUSIONS 
Pressure distribution and loading studies on delta wings 1fith zero 
t hickness and with NACA 65A003 sections a t test Macp numbers of 1.62, 
1 . 94, and 2 . 41 have obtained the following results and indicated the 
f ollowing conclusions : 
1. The well- known tendency for the loading on delta wings to become 
more triangular with increasing angle of attack is shown quantitat ively 
for a wider range of operating conditions than the range for which da ta 
currently exist . 
2 . The location of the l ateral centers of pressure for ali the wings 
of this investigation at all test Mach numbers were essentially the same 
a t 200 angle of atta ck. This center - of-pressure loca tion was a t 35 per-
cent of the semispan . At lower angles of a t tack, t here were greater 
variations in the l ateral center-of-pres sure locations and these loca -
t ions were shown quantitatively. 
3. Tests with a wing of zero thickness disclosed that at angles of 
att a ck of 100 or less the flow was conical at all test Mach numbers, and 
only small departures from conical f low were present at higher angles of 
att a ck . 
4. The wing of zero thickness was tested a t angles of attack greater 
t han t hose necessary t o produce leading-edge shock deta chment , with and 
without the thin leading-edge extension, in order to evaluate pressure-
distribution phenomena associated with leading-edge shock detachment. 
For t he most part, t he leading-edge extension had little effect on the 
pressure distributions. 
5 . Although conica l flow existed on the wing of zero thickness a t 
100 angle of attack, linear theory was shown to be inadequate for pre-
dicting the actua l pressures on the wi ng surface at this or higher angles 
of attack . Contrary t o the prediction of shock-expansion theory the 
experimenta l pressures were not constant i n the region ahead of Mach 
lines from apex . 
6 . Even for t he thin NACA 65A003 section wings of this investigation, 
appreciable nonlinear interference effects were shown to exist between 
t he angle of a t tack and the thickness pressure distributions a t test 
B NACA RM L56I14 17 
angles of attack greater than 50 . These effects caused regular and 
consistent departures from conical flow in the pressure distributions . 
Langley Aeronautica l Laboratory, 
National Advisory Committee for Aeronautics, 
Langley Field, Va . , August 29, 1956 . 
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TABLE I . - WING- ORIFICE LOCATIONS 
Wing 1 
RoloT Y/~ x ' /c 
A 0.100 0.122 0. 213 0· 317 0. 423 0. 538 0.635 0.735 0.833 0.918 
B . 250 .122 . 218 · 310 .406 .498 . 589 . 682 . 798 .903 
C . 400 .126 .222 ·317 . 411 · 506 .605 .748 .877 
D . 550 .163 . 267 ·371 . 479 . 602 .728 . 835 
E . 700 .218 . 358 .495 .642 . 758 
F .800 .319 .434 · 553 .633 
RoloT x/cr Ib ' YZ-
1 0. 476 .0.201 0.360 0. 513 0.668 0. 826 
2 . 762 .126 . 227 · 323 .426 · 521 0. 621 0.715 0. 821 0.913 
Wing 2 
RO\oT 1~ x' /c 
A 0.100 0.040 0.132 0. 263 0. 424 0. 528 0.634 0.737 0.832 0.918 
B . 250 . 033 .107 . 205 ·302 .428 . 562 . 684 .801 . 901 
C .400 . 038 .123 . 244 . 362 .482 .604 . 743 .875 
D · 550 . 083 . 204 . 331 . 476 . 595 · 720 .835 
E · 700 .103 . 221 .402 . 598 · 751 
F .800 . 219 .349 .484 . 632 
RoloT x/cr r ' YT 
1 0. 477 0. 211 0. 368 0· 524 0.674 0. 829 
2 . 762 .135 . 235 · 329 .431 ·525 0.625 0.713 0. 820 0.913 
Wing 3 
RoloT f~ x'/c 
A 0.100 0. 025 0.113 0. 259 0.410 0. 524 0. 634 0. 740 0.838 0.918 
B .250 . 025 .120 . 203 . 299 .431 .561 .688 · 799 . 904 
C .400 . 034 .117 .236 · 357 .480 . 605 .751 . 878 
D · 550 . 051 .170 · 310 .472 ·590 . 731 . 823 
E . 700 .094 .188 · 379 · 578 . 749 
F . 800 .158 .305 .468 . 602 
Row x/cr Ib ' Y "2 
1 0. 473 0. 208 0.368 0. 529 0.685 0. 848 
2 .766 .131 . 237 · 331 .433 . 529 0· 729 0. 852 0.928 
Wing 4 
Row Y/~ x' /c 
A 0.100 0. 042 0.124 0. 252 0. 419 0. 534 0.637 0.738 0.836 0·919 
B . 250 . 030 .120 . 221 · 313 . 439 . 563 .685 .801 . 903 
C .400 . 054 .128 .248 . 367 .483 . 605 .747 .878 
D . 551 . 092 . 202 . 342 .482 . 603 .736 . 841 
E . 701 . 066 .167 . 385 . 572 . 752 
F .801 .187 . 326 . 465 
RoloT x/cr !b' y-2 
1 0.476 0. 200 0. 373 0· 517 0.672 0.831 
I 2 . 757 .129 . 229 . 326 .424 . 525 0.622 0·720 0.830 0.899 
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Figur e 1. - Photograph of wing model and bypass plate mounted in tunnel . 
(Top half of tunnel nozzle removed.) 
[--
L-92573 
Figure 2 .- Photograph of various wings tested and bypass pl ate . 
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Figure 43. - Pressure contours for wing 4 at M 2 .41. 
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Figure 44 .- Pressure distributions showing the effect of Reynolds number; wing 4 (A = 66.60 ) at 
M = 1.62. 
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Figure 45.- Pressure distributions showing the effect of Reynolds number; wing 2 (A = 530 ) 
at M = 2.41 . (Flagged symbols denote data at R = 4,650,000.) 
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